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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

TECHNICAL NOTE NO. 1330

EFFECT OF COMPRESSIBILITY ON THE DISTRIBUTION
OF PRESSURES OVER A TAPERED WING OF
NACA 230~SERIES ATIRFOIL SECTIONS

By E. O. Pearson, dJdr.
STMMARY

The resulits of pressure-distribution measurements made during
high-speed wind-tunnel tests of a tapered wing of NACA 230-series
airfoil sections are presented for angles of attack ranging from 0.2°
to 21.2° and for free-stream Mach numbsrs ranging from 0.2 to about 0.T.

The peak values of minimum pressure coefficient attainsd were
found ‘o correspond to local Mach numbers of 1.2 to l.4 except at
angles of attack neer the low-speed stall. The highest local Mach
nunbher measured was lL.55.

In most cases noticeable flow separation was Indlicated only at
stream Mach numbers exceeding those at which peak minimum pressure
coeffliclents were reeched,

At large angles of attack corresponding to tﬁose vexry near the
low~-gpeed stall there was some indicatlon that the flow about the wing
broke down when the critical pressure coefflcient was reached.

A comparison of measured and calculated chordwlse pressure dis-
tributions for several stations elong the spen showed satlsfactory
agreoement for purposes of structurel design up to the critical Mach
number . -

INTRODUCTION

A knowledge of the magnitude of swrface pressures and their
distribution elong the chord and span of wings at high speeds 1s
required for proper structural design. Because of the lack of an
adequate theory for determining the pressures on alrfolls at super-
critical speeds, the required informetlon must be obtained entirely
by experiment., The purpose of the present paper, which glves the
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detailed results of extensive pressure measurements over a tapered
wing of NACA 230-series airfoil sections, is to add to the existing
amount of high-speed pressure-distribution data, which are very
limited in extent, particularly for finite wings.

The pressure-distribution measurements reported herein were

made during tests in the Langley 16-foot high-speed tunnel conducted
primarily to determine the effects of Mach number on maximum 1ift
and gpanwise load distribution of a tapered wing of NACA 230-series
airfoil secctions. The force measurements and the spanwise load
dlstributions obtained from the pressure measurements presented
herein were reported in reference 1,

SYMBOLS

free~stream speed of sound, feet per second

local apeed of sound, feet per second
agpect ratio

corrected angle of attack of root section (section at plane
of symmetry), degrees

wing span, feetb
airfoll chord, feet

section profile-drag coefficient

A _
pection normal-force coefficient S (PL - PU) dx
: . o _

L
wing L1f% coefficlent (;—g)

ratio of specific heat at constant pressure to specific heat
at consbant volume

- wing 11ft, pounds

three~dimensional lift-curve slope, per radian

two-dimensional lift-curve slope, per radian
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M, free-stream Mach number '(vo/a;)=1f-'
lodal -Mach number (V/a)
Moy critical Mach mumber (value of M, when M first reaches
- a value of unlty) ' '
Ps fres-~strea static pressure, ﬁounds pexr squéfe'foot . :
P local statlc pressure, pounds per square foot
P pressure‘lco.efficiént (-I-’-:—EE>
%o
Pcr critical pressure*coefficient (valua of P corresponding
to M= 1.0) - . . :
Pmin pressure coefficient corresponding to maximum local velocity
po free~ stream.mass density, slugs- per cubic foot
1 2
qo free~-stream dynamic pressure, pounds per square foot (-2-;3 OVO )
5] wing area, square feet
VO free-stream.velocity, feet per second
v localivqlocity, feet per second-
x chordwiée distance messured fr&m leéding edge, foet
¥ spanwiée disténé§ measured from plane of symmetry, feet’
Subscriptst I |
c comﬁiessiﬁlé '
i incompressiblel,
U upper surface

lower swrface
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APPARATUS AND METHODS -

Tests were conducted in the Langley 16-foot high=speed tunnel;-.
The wing tested had an aspect ratlo of 6, a taper ratio of 26
dihedral, 3. 18° sweepback of the quarter chord line, and 4.2 of
uniform geometric washout+~ The wing had an NACA 23016 airfoil
section at the root and an NACA 23009 airfoll seoction at the con-
struction tip. A dlagrammatic sketch showing the principal dimen-
slons of the wing 1s given in figure 1. S

Thirty-three pressure orifices were distributed over each of
six wing sections, the spanwise locations of which are given in '
flgure 1. Also shown in fipure 1 are the chordwise locations of
orifices over a typlcal section.

Pressure tubes connecting the orifices on the wing with several
multiple~tube mancmeters in the test chamber were dbrought out of
the rear of the wing through a boom mounted rigidly to the wing
and & movable strut. This arrangement may be seen in figure 2,
vhich is a photograph of ‘the wing nmounted in the tunnel for the
bressure~digtribution tests. Pressures indiceted by the manometers
were recorded photographically. For a more detailsd description
of thé model and the apparatus, see reference 1.

TESTS

Most of the test runs were made with the angle of attack held
congtant while the tunnel speed was varied from about 150 miles per
hour to the maximum speed obtainable (not choking speed), which for
wing angles of attack betwsen 0° and L4L° was approximately 520 miles
ber hour. The corresponding ranse of the free-stream Mach number
wag from 0.20 to about 0.70. The Reynolds number varied from 3.0 X 106

to 8.1 x 106 vhich corresponds roughly to that of a full-scale
fighter airplane flying at the test Mach numbers at altitudes of
about 35,000 to 40,000 feet. At the highest angles of attack the.
maximum obtainable tunnel speed was about 460 miles per hour, which
corresponds to a Mach number of 0,625. A few additional test runs
were made with the tunnel speed held conetant whille the angle of
attack was varied in the region-near maximum 1lift. The angle-of-
attack range covered in the pressure-distribution tests was approxi-
mately from 0° to 21°.

Scme of the tests were made at angles of attack of-2.3° and 6.7°
to determine the distribution of profile drag across the span. For
these tests the pressure tubes and .the trailing boom were removed
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from the wing, and a rske of total-pressure tubes vas installed on
the vertical strut dowmstream from the wing. With this apparatus,
gurveys of the wing wake were made at various points along the span.
The position of the rake was kept in & plane perpendicular to the
tunnel air stream and consequently the distance of the rake from the
wving trailing edge varied from about 1/2 chord at the root to about

l% chords &t the tip. _ '

CQRRECTIONS |

Angles of attack gilven in the present paper (fig. 3) have been
corrected for tunnel-wall and. other effects, as explained in detail
in reference 1.

Supporting struts.- The effect of the supportling struts was to

increase.the effective velocity at the wlngz position. A calibration
of the tunnel with the struts. ingtalled bud with the wing removed
showed that the increase in velocity varied from about 4 percent
near the strubts to about 2 percent at the center of the tunnel. A
mean value of effective velocity; weighted according to the wing
area, was chosen, which represented an over-all correction of about
3 percent. ‘Corresponding values of- static pressure and dynamic
pPressure were used in computing pressurée coefficients from the
measured static pressures on the wing. This correction affects all
data in figure 4 and the values of ¢, in figures 5 and 5.

Because of the nonuniformity of the velocity across the tumnel,
the minimum pressure coefficients shown in figure 7 for the wing
station nearest the struts (station 4) are in error from this source
by ebout 5 percent at  a = 0.2° and by about 2 percent et « = 17.5 .
At this station’ the minimum pressure cocefficients as presented are
negatively too large. At station 1 (nmear the center of the tunnel)
the minimum pressure coefficlents as presented are negatively too
small, and here the error is about half that quoted for station L.
The srrors at stations 2, 3, 5, and 6 are amaller and the error in
minimum pressure coefficient at these stations is of the order of
1 percent for all angles of attack.

Tunnel-wall interference.- Neither the pressure coefficients
nor the stream Mach numbers have been corrected for tunnel-wall
interference because of some uncertainties in the application of
corrections to the pressure data for the present case of a relatively
large finite wing in a circular tunnel; also, & check of the order
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of magnitude of the errors involved by the methods ‘of references 2
and 3 indicates that these eriqrs do nob. signiflcantlf affact the
conclusions reached. .

The principal errors arise from the increase in effective
velocity at the wing position due to constriction of the tunnel by
the large wing wake at high anpgles of attack and high Mach numbers
vhere the flow is largely separated. As long as the flow over the
ving was smooth, the errors in pressure ceceffilcilent and Mach number
from this source were found to be nogligible. Under the conditlons
of gtrong shock and extensive flow separatlon occurring at the highest
test angles of attack and Mach numbers it was determined that the
indicated dynamic pressure and Mach number were too low by as much
as 4 percent and 2 percent, respectively. The test point on the
curve of minimum pressure coefflclent against Mach number in
figure L(J), giving a pressure coefficient of -2.00 at M, = 0.622,

is representative of data obtained uﬁder these extreme conditions.
For this point it is probable that the. minimum pressure coefficient
18 negatively too large by about 6 percent.

Since negative pressureo coefficlents are too large negatively
and stream Mach numbers are too low, local Mach numbers are affected
by constriction to a much smaller extent than the pressure coeffi-
clents as 1llustrated by the following nimerical examples = -

The equation relating local Mach nimber, stréam Mach _number,
and pressure coefficient for igentronic flow is

i P .
7 ;
M=y |2 L (1.»-7—-;5102)-1
y -1 Y2
[ 1+ EEMO

Substitution of the values of pressure coofficient and Mach numbexr
previously given (P = -2.00, M, = 0.622) 1n this equation gives a

value of local Mach number of—1. 32. If the stream.Mbch number is
increasod by 2 percent (corrected M.o = 0.635) and the pressure

coefficient is reduced numerically by 6 percent (corrected P=.-1.88)
and these corrected values are substituted in the equation, a value
of local Mach number of 1.31 i1s obtained. The difference between
corrected and uncorrected local Mach number is seen to be less than
1 percent.
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RESULTS AND DISCUSSION

Wing lift characteristics (from Fforce tests).- The 1lift curves
for the wing at various Mach numbers as determined from the force
tests reported in reference 1l are given in figure 3 for purposes of
correlation. . :

Pressgé coefficients and segtion normsl-force coefficients.-

Chordwisge pressure-distribution diagrams for stations 2 and 3 (s=ee
fig. 1 for locations) are presented in figure 4 for a range of angle
of attack and Mach number. The variations with Mach number of minimum
Pressure cosfficlent end sectlon normal-force coefficlient as obtained
from integration of the pressure-distribution diagrams are also shown
in figure 4. In order to prevent poscible confusion over two dis-~
tinctly different minimum values of pressure coefficilent the following
definition of terms is offered: 'Minimwnm pressure coefficient" refers
to the largest negative value of pressure coefficlent measured at a
partlcular spanwise station on the wing for any angle of attack and
Mach number. This minimum quantity may be obtained from the pressure-
distribution dlagrams of figure 4. The term "peak minimim pressure
coefficient” refers to the largest negative value attained by the
curves of minimum pressure coefficient plotted against Mach number,

" vhich are also given in figwre k.

Stations 2 and 3 were chosen for discussion because minimum
pressure coefficients and maximum normal-force coefficlents occurred
in this region on the wing. The posgition of these minimum and maximum
coefficients shifted from station 2 to station 3 as the angle of
attack was increased from about 2° to that value corresponding to
the stall; at o = 8.9° tho coefficients were about the same in
magnitude at both of these stations. Compare figures 4(d) and 4{e).

The curves of minimum pressure coefficient asgainst stream Mach
muber for most of the angle-of-attack range (figs. 4(a) to 4(g))
show that local Mach numbers increased and local pressures decreased
with increasing free-stream Mach number in the usual mapner until
peak minimum pressure coefficients which corresponded to local Mach
numbers from 1.2 to 1.k were reached. In general, maximum local
Mach numbers end peak values of minimum pressure coefficient did not
occur at the same free-stream Mach number; maximum local Mach numbers
were reached at somewhat higher stream Mach numbers than peak values -
of minimum pressure coefficient. The maximum value of local Mach
number measured was about 1.55 (fig. 4(f)).

The evidence shown in figure 4 indicates that over most of the
angle~-of~attack range noticeable flow geparation, as indicated by a
deficiency in pressure recovery near the trailing edge, did not occur
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until the etreem Mach number -coyresponding to the attairmment of peak

minimum pressure coefficients had been well exceeded.

The normal-

force coefficlent, lhowever, generally showed some departure from the
" smooth subcritical trend at Mach numbers only slightly in excess of
. the critical, even though little if -any. flow. separation was indi-

cated..
tribution for a Mach number of 0.651 in figure 4(f).

For an example of beginning separation mee the pressure dis-

However, the

posgibility of the occurrence of a local separation confined to the
reglon of campression shogk at lower supercritical Mach numbers

cannot be excluded (reference Y-

At angles of attack ver; near the low-apeed stall (fig. h(J))
the rather meager data appear to show that when the critical pressure
coefficlent 1s reached the flow can tolerate little if any shock

disturbance without breaking dowm.

The results on this wing pre-

sented in reference 5 more strongly corroborate thils indication. .

The subcritical rise in ﬁormal-force coefficlent with Mach
numbexr has been compared with that given by the small-disturbanco
theory as applled to the Tinite wing by A. D. Young in a British

paper of limited dlstribution.

The equation for the ratlio of normsl-

Porce coefficient at any subcritical Mach number fto normal-force

coefficient 2t M = 0 is as follows:

°ng N EE ) Do, [Moy + wA
°ng My oy \To, + T

Na ~ 1 moi i b

thrigé' ..:EﬁL- + 7

The value of the lov-speed t\w-dimensional lift~curve slope m°i

was taken as thet for thih airfoils (2n)
value for Boy +the equation because '

Cng

A+ 2
°ny A\JZL

Upon substitution of this
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As may be seen in figure 4 the curves calculated from the fore-
going equation arpe in excellent agreement with the experimental
normal-force-“coefficient curves up to the force-bresk Mach number,
beyond which large differences between the experimental and theo-
retical results are shown.

Contours of pressure coefficlent over the upper surface of the
wing are shown in figures 5 and 6 for several Mach numbers and for
angles of attack of 2.3° and 6.7°. Included in these figures are
curves showing the spanwise distribution of normal-force coefficient
and profile-drag coefficient for correlation with the data given in
figures 4(a) and L(c).

These flgures serve to show how the region of supersonic flow
ahead of the compression shock or shocks formed and expanded with
increasing Mach number. OF interest is the fact that at the highest
Mach numbers (figs. 5(f) and 6(d)) the drag coefficilent increased to
about two or three times its low-speed velue, while the normal-force
coefficlent remained essentially unaffected. .

Comparison of theoretical and experimental chordwise Pressure
distributions.~ The measured and calculateé chordwlse pressure dis-
tributions over the wing sections at six spanwise stations are given
in figure 7 for a range of angle of attack and Mach number.

The chordwlse pressure distributions were calculated by the
method of reference & for each section so that the lift coefficients"
were in agreement with those obtained experimentally at a Mach
numbey of about 0.2. The calculated pressure coefficients were then
extrapolated to higher Mach numbers by the von Karman-Tsien relation,
which is recommended in reference 6. '

The wvon Kﬁfmén*Tsien.theory, of course, is not valid at Mach
numbers higher than the critical, but the comparison is continued to
gupercritical speeds to show the departure of the measured flow from
that prediocted by the first approximation of the theory. It should
be noted that such calculations lead to the impossible condition of
Pressure coefficlents which correspond to pressures less than absolute
ZOY'O. ) R . :

At an angle of attack of 21.2° (fig. 7(f)) the wing was completely
stalled at all Mach numbers, and consequently the calculated pressure
distributions are not given for this condition.

An examination of figure 7 shows that for purposes of structural
design the method of réference 6 glves results in satisfactory agree~
ment with experiment at Mach numbers up to the critical.
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Pregsure distributions at sections very near the wing tip sre
undouvbtedly distorted by the flow around the tlp. For the test wing,
however, the area so affected is small, as ovidenced by the very smell
distortion at station 6 (Ei;-é = 0.911-) .

CONCTUSTONS

1. Peak values of minimum pressure coefficients were found to
correspond to local Mach numbers of 1.2 to l.4. Iocal Mach numbers
generally continued to incresse with increasing stream Mach muiber
beyond that at which pesk minimm pressure coefficients occurred.
The meximum locel Mach number measured was ebout L.55.

2, In geéneral no noticeable indiqation of flow separation was
obgerved until the streem Mach number corresponding to the attain-
ment of peak pressure coefficients had been well exceeded.

3+ At angles of attack very near those corresponding to the
low-gpeed .gtall there was some indication thet the flow about the
wving broke dowvn when the critical pressure coefficient (local Mach
number = 1.0} wes reached. ' .

L. The measured rate of increase with Mach number. of section
normal-force coefficient at subcritical values of Mach number was in
excellent egreement with that predicted from the small-disturbance
theory. Ilarge differences between the theoretical and experimental
results occurred at high supercriticel speeds.

5« The method used for calcilating the chordwise pressure dis=~
tribution gave results in satisfactory agreement with experiment for
the purpose of struc’ourg.l design at Mach numbers up to the critical.

Lengley Memorial Aeronautical Leboratory . , .
National Advisory Committee for Aeronautics
Lengley Field, Va., May 7, 19h7 "
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